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SUMMARY 
Average spanwise blade temperatures and cooling-air pressure losses 
through a small (1.4-in, span, 0.7-in, chord) air-cooled turbine blade 
were calculated and are compared with experimental nonrotating cascade 
data. Two methods of calculating the blade spanwise metal temperature 
distributions are presented. The method which considered the effect of 
the length-to-diameter ratio of the coolant passage on the blade-to-
coolant heat-transfer coefficient and assumed constant coolant properties 
based on the coolant bulk temperature gave the best agreement with experi-
mental data. The agreement obtained was within 3 percent at the midspan 
and tip regions of the blade. At the root region of the blade, the agree-
ment was within 3 percent for coolant flows within the turbulent flow 
regime and within 10 percent for coolant flows in the laminar regime. 
The calculated and measured cooling-air pressure losses through the blade 
agreed within 5 percent. 
Calculated spanwise blade temperatures for assumed turboprop engine 
operating conditions of 2000 0 F turbine-inlet gas temperature and flight 
conditions of 300 knots at a 30,000-foot altitude agreed well with those 
obtained by the extrapolation of correlated experimental data of a static 
cascade investigation of these blades. 
INTRODUCT ION 
The cooling of small turbine blades, such as encountered in turboprop 
engines, can be much more difficult than cooling the larger blades of 
turbojet engines (ref s. 1 and 2). In addition, the experimental data 
that have been obtained for small blades are meager. In order to provide 
information useful for the design of small air-cooled blades, this report 
will show the applicability of methods for analytically predicting the 
cooling-air pressure losses and the average temperatures at various span-
wise positions of small turbine blades.
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Reference 2 presents a correlation of experimental blade temperature 
data that were obtained In a static cascade test facility over a range of 
gas temperatures and cooling airflow rates. It is indicated that the cor-
relation parameters evolved permit the extrapolation of experimental blade 
temperature data to conditions other than test conditions. The applicabil-
ity of analytical methods for determining blade temperatures and cooling-
air pressure drops for these small blades In a manner similar to that em-
ployed for larger turbojet blades (ref. 3), however, was not known. This 
report, therefore, presents analytical methods for calculation of blade 
spanwise temperature distributions and cooling-air pressure drops and 
verifies the calculated results with the experimental blade temperature 
data used in reference 2 and with the experimental cooling-air pressure 
loss data presented herein. These analytical methods are applied to 
predict coolant-flow requirements, blade temperatures, and cooling-air 
pressure drops for an air-cooled blade configuration operating at an in-
creased gas temperature and at typical flight conditions of a turboprop 
engine. In addition, these calculated blade temperatures are compared 
with those predicted by extrapolation of the correlated experimental data 
of reference 2. 
The comparisons of the calcul'ated and experimental nonrotating cas-
cade data were made at total gas temperatures of 6000 , 900°, and 1200° F 
and for three cooling airflow rates covering the range investigated in 
reference 2. The blade cooling-air inlet temperatures of the experimental 
data ranged from 1500 to 493° F. The ratios of average blade metal to 
average blade cooling-air temperatures (°R) ranged from 1.18 to 1.45. 
The engine and flight conditions assumed for the calculations of blade 
cooling and pressure drop characteristics at high turbine-inlet gas tem-
perature were: an engine with a compressor pressure ratio of 10.9, an 
airflow of 13.4 pounds per second, and a turbine-inlet gas temperature 
of 2000° F at a flight condition of 300 knots and an altitude of 30,000 
feet.
SYMBOLS 
A	 flow area, sq ft 
b	 effective fin length, ft 
C	 constant 
cp	 specific heat at constant pressure, Btuf(lb)(°F) 
Dh,a
	
hydraulic diameter of coolant passage, 4A/(wetted perimeter), 
ft 
Dh,g	 hydraulic diameter of gas side of blade, ig/Jt ft
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F constant, function of blade transition ratio and Euler number 
F(a.) function of coolant passage aspect ratio 
friction factor 
g acceleration due to gravity, ft/sec2 
turbine work, Btu/lb 
h heat-transfer coefficient, Btu/(sec)(sq ft)(°F) 
he effective blade-to-coolant heat-transfer coefficient, Btu/(sec) 
(sq ft)(°F) 
J mechanical equivalent of heat, ft-lb/Btu 
K entrance loss coefficient 
k thermal conductivity, Btu/(sec)(ft)(°F) 
L length of blade or passage, ft 
blade wall perimeter, ft 
m exponent, function of blade transition ratio and Euler number 
N number of fins 
Nu Nusselt number, haDh,a/ka	 or	 hgDh,g/kg 
n number of sections of equivalent fins 
P pressure, lb/sq ft 
Pr Prandtl number, gcpp/k 
R gas constant, ft-lb/(lb)(°F) 
= 
(Re )a Reynolds number of coolant based on bulk temperature,
WaDh a 
= 
AaLa
waDh, a Ta 
(Re )a,f	 Reynolds number of coolant based on film temperature, AaI.La,f Tf 
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(Re)gB	 average Reynolds number of gas based on blade temperature, 
VgDh,gPg,B 
g, B 
r	 radius from center of rotation to center of blade increment, ft 
s	 fin spacing, ft 
T	 temperature, °R 
U	 peripheral velocity at hub of turbine rotor, ft/sec 
V	 velocity, ft/sec 
weight-flow rate, lb/sec 
&	 incremental blade or coolant passage length, ft 
y	 coolant passage height, ft 
z	 coolant passage width, ft 
p.	 viscosIty, (lb)(sec)/sq ft 
p	 density, lb/cu ft 
fin thickness, ft 
angular velocity, radians/sec 
Subscripts: 
a	 cooling air or cooling-air side 
B	 blade or blade metal 
C	 compressor 
e	 effective 
f	 film temperature 
g	 combustion gas or combustion-gas side 
I	 blade inlet 
In	 inside of coolant passage at entrance
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0	 outlet 
x	 condition at x feet above blade root 
index of sununation 
fully established flow, cooling air 
Superscripts: 
total conditions 
-	
average conditions for an incremental length 
=	 average conditions for entire blade 
DESCRIPTION OF BLADE AND PRESSURE DROP APPARATUS 
The air-cooled turbine rotor blade configuration selected for the 
analytical determination of blade temperature distributions and cooling-
air pressure losses is the same as that of the blade for which experimental 
temperature data were obtained in the investigation of reference 2. The 
blade, referred to herein as the cast finned blade, has a span and chord 
of approximately 1.4 and 0.7 inch, respectively. Cross-sectional views 
of the tip, midspan, and root regions of the blade are shown in figure 1. 
The external blade size and airfoil shape are the same as those employed 
in the first-stage turbine rotor of a current uncooled commercial turbo-
prop engine. As a matter of interest, the cooled blade was fabricated 
from two parts as shown in figures 1 and 2(a): one part includes an 
integrally cast base, the airfoil suction surface, and the cooling fins; 
and the other a formed sheet-metal pressure surface. The formed sheet-
metal shell was brazed in the recesses at the leading- and trailing-edge 
regions of the blades to several of the cast cooling fins (fig. 1) and 
to the base in the root region. A photograph of a completed blade is 
shown in figure 2(b). A more detailed description of the blade and its 
fabrication is presented in reference 2. 
A schematic sketch of the apparatus and instrumentation used to ob-
tain the cooling-air entrance loss coefficient and the over-all cooling-
air pressure losses for the cast finned blade is shown in figure 3. The 
test-blade base was brazed to a sheet-metal duct through which laboratory 
compressed air was supplied to the blade. The duct used was intended to 
simulate a blade entrance which might be expected when cooling air is 
supplied to blades in a turbine rotor. In addition to the instrumentation 
shown in figure 3, a thermocouple to measure the total cooling-air tem-
perature was located in a plenum chamber upstream of the cooling-air 
entrance duct. The static pressure at the blade tip was the measured 
ambient pressure.
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ANALYSIS AND PROCEDURE 
The blade metal and cooling-air temperatures at various spanwise 
positions were obtained from an iterative procedure which utilized heat 
balances between gas and coolant at the spanwise position under consider-
ation. To solve these heat balances it was necessary to determine the 
gas-to-blade and blade-to-coolant heat-transfer coefficients and to ac-
count for the effectiveness of coolant passage fins. 
Calcu.latlons of Gas-to-Blade Heat-Transfer Coefficient 
The gas-to-blade heat-transfer coefficient hg used in the analysis 
Is an average coefficient for the blade and was obtained from the correla-
tion equation of reference 4:
1/3 
()gF[()g,B] [()g,B]
	
(i) 
where F = 0.092 and m = 0.070. The values of F and m, which were 
obtained from reference 5, are the average values of ten rotor blade pro-
files including both impulse and reaction blades. The gas properties_used 
were evaluated at the a.verage metal temperature of the entire blade TB. 
Equation (1) can be expressed as 
__	
10.7	 1/3 
= .0.092 kg,B [() g,B]
	
E() g,BIl	 (2)
Dh, g 
The average gas-to-blade heat-transfer coefficient as determined from 
equation (2) was used at each spanwise location considered in the 
calculations. 
Calculations of Blade-to-Coolant Heat-Transfer Coefficient 
Two methods of calculating blade-to-coolant heat-transfer coefficients 
were used in order to determine which best predicted the experimental blade 
spanwise temperature distribution. One of the methods used was the same 
as that used to predict temperatures of turbine blades for turbojet engines 
(refs. 3 and 6) wherein the flow through the blades was assumed fully 
developed. Reference 6 presents the equations for determining the blade-
to-coolant heat-transfer coefficients, which in the notation of this re-
port for flow in the assumed turbulent (Reynolds number greater than 
6000) and laminar (Reynolds number less than 2300) flow regions, respec-
tively, are
(Nu)a,	 0.023 [(Re)af]O8 [(Pr) f]04	 (3)
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and
(Nu)a, = P(a,)	 (4) 
The term F(a.) is a function of aspect ratio of the coolant passage, which 
is the ratio of the height to the width of the coolant passage (e.g., y/z 
in fig. 1). Values of F(c) are given for various aspect ratios in ref-
erence 7. The aspect ratio for the finned portion of the cast finned 
blade was approximately 3 and that for the hollow-tip region was approxi-
mately 8. The corresponding values of F(a.) as obtained from reference 
7 were 4.77 and 6.5, respectively. The coolant properties along the 
blade span were evaluated at local film temperatures. The film tempera-
ture was assumed to be the arithmetic average of the blade metal and 
coolant temperatures at each spanwise position considered. 
The effectiveness of coolant passage fins was accounted for by re-
placing the coolant passage geometry (for the region of the blade where 
the fins were located) by one of equivalent fins (ref. 3) and by using 
the equation for the effective blade-to-coolant heat-transfer coefficient 
(eq. (s), ref. 3). This equation expressed in the notation of this report 
is
h	
ha	 ['.' N2b ,tar.h (bI2JB	 N 1 
e	 N	 +	 (b \12ha/B 't	 +
(5) 
The analyses of references 3 and 6 assumed fully developed flow 
through the blade. It was assumed that entrance effects on the blade-
to-coolant heat-transfer coefficient would be small because of the large 
length-to-diameter ratio of the turbojet blades (LrD,a 70). The 
length-to-diameter ratio of the small turbine blade (LrDha = 38) con-
sidered herein, however, was small compared with that of the blades for 
turbojet engines. The second method used to determine the blade-to-
coolant heat-transfer coefficients, therefore, considered the coolant 
passage entrance effects, that is, the LrDh,a effect. 
The blade-to-coolant Nusselt number used for the second method of 
calculating blade temperatures was an average for the entire blade and 
was obtained from correlation equations for flow through rectangular 
tubes (ref. 7). In the notation of this report, the equations for tur-
bulent and laminar flow are, respectively, 
0.8 = - 0.4	 _____ 
0.02 [()a]	 (Ta/TB)	 [()a]' (I + 3.8 \
	 (6) 
"	 L/h,a1
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()a = F(c) 11 + C()a()al 
L	 L/h,a .1	 (7) 
The values of the constant C and the term F(ct) in equation (7) are 
dependent on the aspect ratio of the coolant passages. The average aspect 
ratio of the coolant passages, when neglecting the small length of blade 
near the tip which did not have fins in the passage, was about 3. The 
values of C and F(a,) at an aspect ratio of 3 as obtained from refer-
ence 7 were 0.009 and 4.77, respectively. The coolant properties used 
in equations (6) and (7) were based on the bulk temperature of the coolant. 
The bulk temperature was the arithmetic average of the air temperatures of 
the blade inlet and exit. Because of the variation of the hydraulic diam-
eter of the coolant passage along the blade span and in order to consider 
this variation in the coolant passage diameter, the blade-to-coolant heat-
transfer coefficient ha at a given spanwise position was defined as 
(i) 
ha	 aa	 (8) 
Dh,a 
The effectiveness of the fins in the coolant passage was accounted for in 
the same manner as discussed previously and by the use of equation (5). 
The Nusselt numbers in the assumed transition flow region (Reynolds numbers 
between 2300 to 6000) were obtained by assuming a straight-line relation 
of Nusselt number with Reynolds number in this range and by using Nusselt 
numbers calculated from equation (3) or (6) as the turbulent-flow end 
point and from equation (4) or (7) as the laminar-flow end point. 
Calculation of Spanwise Blade and Cooling-Air Temperatures 
In the analysis the blade span was divided into four approximately 
equal increments. The geometry parameters were obtained by cutting the 
test blades after completion of the investigation of reference 2 at the 
four spanwise locations considered herein and making photographs of the 
cross sections at a magnification of 10. The calculation of blade tem-
peratures for comparison with the experimental data of reference 2 was 
made for the three cascade gas temperatures of 6000 , 9000, and 12000 F 
considered in that investigation and for three cooling airflow rates, 
which represented the extremes and the middle values of the rates that 
were supplied to the test blades at each gas temperature. The analysis 
was made by using the average velocities of the combustion gas relative 
to the blades, average combustion-gas static pressures, effective gas 
spanwise temperature distributions, and the blade cooling-air inlet tem-
peratures obtained in the experimental investigation of reference 2.
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The iterative procedure for calculating the spanwise blade and 
cooling-air temperatures was first to assume an average blade temperature 
TB, which together with the average velocity of the gas relative to the 
blade, the average hydraulic diameter of the gas side of the blade, and 
the gas properties evaluated at TB permitted calculation of the gas-to-
blade heat-transfer coefficient by use of equation (2). By assuming an 
average chordwise blade temperature TB,x for each spanwise position and 
by specifying the effective gas temperature distribution, the geometry of 
the blade, the coolant-flow rate, and the coolant temperature at the root, 
the coolant temperature at other than the root position could be obtained. 
This was done by adding the coolant temperature rise for each increment 
to the coolant temperature at the beginning of the increment. The incre-
mental temperature rise of the coolant LT was obtained from the follow-
ing heat balance:
WaU)r ix 
i gTg(g,e - B)& +
	 gJ	 = wacp,a LT
	
(9) 
or
Lff	
-	 w2r& gg	 ____
a = wacp,a	 g,e - TB) + gJcp,a	
(10) 
For calculation of blade temperature of a nonrotating blade the last term 
of equation (io), the air temperature rise due to the pumping work done 
on the air over the increment, is zero so that 
-	 - 
Wacp,a (Tg, e - TB)	
(11) 
The values of Tg,e and TB in equations (9) to (11) are the arithmetic 
average of the temperatures at the beginning and end of an increment. 
The effective blade-to-coolant heat-transfer coefficient at each span 
position was then calculated by use of equations (3) or (4) and (5) when 
the coolant flow was considered to be fully developed. The assumed average 
cbordwise blade temperature TB,x at each span location was then checked 
by solving the following heat balance equation: 
glg(Tg,e,x - TB,X)	 heia(TB,x -	 (12) 
where T	 and T'	 are the effective gas temperature and the total g, ,
	
, 
cooling-air temperature relative to the blade. The latter temperature is 
approximately equal to the effective air temperature for subsonic Mach
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numbers. The assumed average blade temperature TB was checked with the 
integrated average of the calculated spanwise blade temperature distribu-
tion. If agreement was not obtained, the process was repeated. 
In ihe calculations which accounted for the blade entrance effect on 
the heat transfer to the coolant, the blade-to-coolant heat-transfer 
coefficient was obtained by use of_equations (6) or (7), (8), and (5) 
after a coolant bulk temperature Ta was assumed. An iterative procedure 
was then used to calculate the spanwise blade and coolant temperature by 
use of equations (11) and (12). The assumed average blade temperature 
TB and the assumed coolant bulk temperature Ta were checked with inte-
grated averages of the calculated spanwise distributions, and, if agree-
ment was not obtained, the process was repeated. 
Calculation of Blade Cooling-Air Pressure Loss 
The cooling-air pressure loss through the blade airfoil, which was 
divided into four approximately equal incremental lengths, was calculated 
by the method of reference 8. The average friction factor f used in 
the calculations was determined by the use of the following correlation 
equations for laminar and turbulent flows, respectively, obtained from 
reference 7 and given in the notation of this report: 
E1()a]
	 _________ 
[f(Re)]	
+ L/,a	
(13) 
and
f = 0.040(R° 2
 (1 +	 (14) 
\ 
The term [f(Re)]
	 is a function of passage aspect ratio. For a coolant

passage aspect ratio of 3, the value of [f (Re )]0, as obtained from ref-
erence 7 was 17.1. Inasmuch as the previous equations and the method of 
reference 8 permit calculation of the pressure loss through the airfoil 
only, the pressure loss at the blade entrance due to a sudden contraction 
of the flow passage is required in order to calculate the over-all pres-
sure loss. The pressure drop across the blade entrance can be determined 
by solving the following equation from reference 9, which is presented 
in the nomenclature of this report: 
P ,i -
	
= K 
t4Tain) R
	 (15) A2P2	 2g a,in	
a a,in -
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Because of the lack of information on entrance loss coefficients for flow 
conditions and geometries which would duplicate those at the entrance to 
the blade, an experimentally determined value of the coefficient K for 
the test blade was used. In the determination of cooling-air pressure 
loss through the blade for comparison with experimental data, the tip 
static pressure and the cooling-air temperature of the experimental in-
vestigation were used. 
Experimental Determination of Blade Cooling-Air Pressure Loss 
The experimental pressure losses for the cast finned blade were ob-
tained at room temperatures and pressures with the apparatus described 
previously. The cooling-air pressure losses were obtained over a range 
of coolant-flow rates from 7x10 4 to 8.6X10 3 pound per second. The range 
covered the lowest flow that could be measured in this installation to 
approximately choked flow in the blade. The cooling-air inlet tempera-
ture was constant for the investigation and was approxImately 800 F. The 
over-all pressure loss was the measured difference between the inlet total-
pressure probe reading and the tip static pressure, which was assumed to 
be ambient pressure. The blade entrance loss coefficient K was obtained 
by the method described in reference 9. This method requires the use of 
the experimental data in the parameter at the left side of equation (15) 
and in the parameter In parentheses on the right of the same equation. 
The first parameter is then plotted as the ordinate against the second 
parameter on log-log paper for each data point. From this plot the value 
of K may be determined.
RESULTS AND DISCUSSION 
Comparison of Calculated and Experimental Blade 
Spanwise Temperature Distributions 
The spanwise blade metal temperature distributions for the 12000 F 
gas temperature were calculated using the two methods of calculation al-
ready described. One assumed fully developed coolant flow, based the 
coolant properties on film temperature, and considered the variation of 
properties with film temperature along the blade span. The other method 
considered the effect of the length-to-hydraulic-diameter ratio of the 
coolant passage on the blade-to-coolant heat-transfer coefficient and 
assumed constant coolant properties based on the coolant bulk temperature. 
The calculated spanvise blade temperature distributions for three coolant-
flow rates at an inlet total gas temperature of approximately 12000 F are 
presented in figure 4 together with experimentally obtained data points 
at the root, midspan, and tip regions of the blade. The experimental data
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points used were those used in reference 2 and were the average of six 
thermocouple readings around the periphery of the blade at each of the 
three span locations. The results indicate that, although both methods of 
calculating the spanwise blade metal temperatures agreed reasonably well 
with experimental data, better agreement was obtained using the method 
involving equations (6) and (7) which considered the length-to-diameter 
ratio (L/h,a 38)" of the coolant passage and assumed constant coolant 
properties. The agreement of the temperatures calculated by this method 
and the experimental data at the midspan and tip regions of the blade 
was within 3 percent. At the root region the agreement was within 3 per-
cent for the two turbulent-flow runs and about 7 percent for the laminar-
flow run. Inasmuch as equations (6) and (7) (used to evaluate the blade-
to-coolant heat-transfer coefficient) are dependent on the length-to-
diameter ratio L/,a of the coolant passage, calculations were also 
made to determine to what extent the agreement between calculated and 
experimental data at the root region might be improved by considering 
the length-to-diameter ratio for a length of blade a short distance from 
the root. The distance from the root (approx. 0.56 in.) for this calcu-
lation was determined fora length-to-diameter ratio of 20, which was the 
lower limit for which equations (s) and (7) were experimentally verified 
as valid in reference 7. The blade spanwise metal temperature distribu-
tions obtained from these calculations are also shown in figure 4. The 
improvement in agreement with experimental data was small as compared with 
the data which were calculated by considering the full length of blade 
(LrD,a 38). Since the improvement was small, the calculation method 
which assumed constant coolant properties and determined the blade-to-
coolant heat-transfer coefficient by use of equations (6) and (7) for an 
L/Dh,a of 38 was used to determine the spanwise blade temperatures for 
the 6000 and 9000
 F gas temperature runs as well as for an elevated tem-
perature application, which is discussed in a later section. A plot of 
the average blade temperatures calculated by this method against the 
measured average temperatures at the root, midspan, and tip regions for all 
three inlet gas temperatures and over the entire range of coolant flows 
of the investigation of reference 2 is shown in figure 5. The agreement 
of the temperatures about a line representing 100-percent agreement is 
good. The maximum deviation at the tip and midspan regions was less than 
3 percent. At the root region the agreement was within 3 percent for 
coolant flows in the turbulent regime and within 10 percent for coolant 
flow in the laminar regime. 
Comparison of Calculated and Experimental Cooling-Air Pressure Loss 
The calculated cooling-air pressure loss through the cast finned blade 
for a range of coolant flows is shown in figure 6 along with experimental 
data. The agreement between the calculated and experimental data was with-
in 5 percent.
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The cooling-air pressure loss due to contraction at the blade entrance 
was found to be a small part of the total cooling-air pressure loss of the 
blade. The cooling-air pressure loss at the blade entrance was 1 to 6 per-
cent of the over-all pressure loss for cooling airflows of 0.004 and 0.0088 
pound per second, respectively. The experimental entrance loss coefficient 
K was 0.37. 
Blade Teurperature and Pressure Losses at Elevated Temperatures 
In view of the good agreement between the calculated and experimental 
static cascade data, the blade temperatures and cooling-air pressure losses 
for the cast finned blade configuration were calculated by assuming opera-
tion in a typical turboprop engine at an inlet gas temperature of 2000° F 
and flight conditions of 300 knots at a 30,000-foot altitude. The condi-
tions assumed for the engine, are as follows: 
Compressor-inlet pressure recovery, percent ............100 
Compressor pressure ratio .....................10.9 
Compressor efficiency .......................0.77 
Compressor airflow, lb/sec .....................13.4 
Combustor pressure loss ratio ...................0.95 
Turbine efficiency 	 ........................0.85 
Number of turbine stages 	 ......................4
Turbine rotative speed, rpm ...................13,820 
Turbine work parameter, gJ H/U2 , last stage ...........2.5 
Turbine work parameter of first three stages 	 . . Assumed equal (cal-
culated to be 2.9) 
Exhaust-nozzle pressure ratio ...................0.92 
The gas-flow conditions relative to the first-stage turbine rotor blades 
were determined from the assumed engine conditions. The spanwise effective 
gas temperature distribution relative to the rotor blades for an average 
inlet total temperature of 2000° F was assumed similar in shape to that 
obtained in the experimental static cascade Investigation of reference 2 
and is shown in figure 7. This shape of the effective gas temperature 
profile was assumed in order to permit comparison of the extrapolated data 
of reference 2 with these calculated results on the same basis. The shape 
of the profile assumed is also similar to that which might be expected in 
an engine. The static pressure at the blade tips, used for the calcula-
tions of the blade pressure losses, was the arithmetic average of the 
calculated tip static gas pressures across the rotor stage. The blade 
entrance cooling-air temperature was assumed to be 6230 F (calculated 
compressor-exit bleed temperature plus an assumed 100 0 F rise in the air 
temperature as it is ducted from the compressor to the entrance of the 
blades).
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Cooled blade temperatures. - The calculated spanwise temperature 
distribution of the first-stage turbine rotor blades and the blade coolant 
temperature rise for coolant-flow ratios (ratio of cooling-air to 
combustion-gas flow) of 0.015, 0.02, and 0.03 are presented in figure 7. 
Also shown in the figure is the spanwise blade temperature distribution 
at a coolant-flow ratio of 0.015 obtained by extrapolation of the cor-
related experimental data of reference 2 by the method presented in ref-
erence 2. The agreement between the calculated temperature distribution 
and that obtained by extrapolation of the data of reference 2 was within 
2 percent above the midspan region of the blade and within 10 percent at 
3/16 inch above the blade root. This agreement is similar to that ob-
tained previously when calculated blade temperature distributions were 
compared to the experimental blade temperature data that were used in 
reference 2. This agreement might be expected because the equations used 
to obtain the correlation parameters in reference 2 are the same as those 
used herein for the calculation of blade temperatures. 
In order to determine the critical region of the blades at the condi-
tions assumed, an allowable blade spanwise temperature distribution curve 
was obtained. This curve was tangent to the curve of the calculated blade 
temperature distribution at a coolant-flow ratio of 0.015 (fig. 7). The 
point of tangency of the two curves, which is approximately at the midspan 
of the blade, indicates the critical region of the blade. The midspan 
of the blade is also the spanwise region of the blade where the calculated 
blade metal temperatures agreed well with experimental data. The al10-
able spanwise temperature distribution curve shown in figure 7 was based 
on a stress ratio factor (ratio of allowable stress-rupture strength to 
calculated centrifugal stress) of 2.8 and a life of 1000 hours for the 
high-temperature alloy 116-31. The stress ratio factor of 2.8 appears 
adequate based on values of this factor obtained in references 10 to 12 
for blades in a turbojet engine. Reference 10 showed that, for one type 
of blade configuration made of alloy 17-22A(S), the required stress ratio 
factor was 2.3. Values of stress ratio factors between 1.2 and 1.5 were 
obtained in references 11 and 12 for blade configurations made of alloy 
HS-31. The blades in these two references were either investigated un-
cooled or with small quantities of cooling air with the result that the 
peripheral temperature gradients and the resulting thermal stresses were 
small. The stress ratio factors obtained were nevertheless indicative 
of the margin of safety required for blade configurations under engine 
test conditions. If it is assumed that the stress ratio factor of 2.8 
is sufficient to account for such factors as vibratory stress, thermal 
stresses, metallurgical changes with time, and so forth, the calculations 
indicate that the cast finned blades (based on stress-rupture strength 
of HS-31) will require a coolant-flow ratio of approximately 0.015 for a 
blade life on the order of 1000 hours at the assumed engine and flight 
conditions.
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Cooling-air pressure losses. - With the cooling-air spanwise temper-
ature' distribution and the tip static pressure, the pressure loss through 
the blade P . , i - a,o was determined for a range of coolant-flow ratios 
from 0.015 to 0.030. The results are shown in figure 8(a). The calcula-
tions indicate that the cooling-air pressure losses through the first-
stage turbine rotor blade are small. This is primarily due to the rise 
in cooling-air pressure within the blade due to the pumping effect of the 
high rotative speeds. At the coolant-flow ratio of 0.015, the pressure 
rise due to pumping effects was larger than the pressure losses due to 
heat transfer and friction, with the result that a small pressure rise 
(0.4 in. Hg) was obtained. Figure 8(b) shows a plot of the ratio of pres-
sure required at the blade base to compressor-exit pressure for a range 
of coolant-flow ratios. At a coolant-flow ratio of 0.015 the required 
pressure at the blade entrance is only about 61 percent of the compressor-
exit pressure. The calculations further indicate that higher coolant-
flow ratios can be supplied to the blade without the blade being pressure 
limited. For example, at a coolant-flow ratio of 0.03, the ratio of 
P , /P3 	 is only about 0.67. The low ratios of the required cooling-
air pressure at the blade entrance to compressor-exit pressure indicate 
that relatively large losses in the ductirg from the compressor exit to 
the blade cooling-air entrance can be tolerated. Another possibility, 
since these losses are small, is to bleed the engine compressor at points 
ahead of the last stage and thereby obtain slightly lower power reductions 
and specific-fuel-consumption increases than with compressor-discharge 
bleed (ref. 13). Bleeding the compressor ahead of the last stage would 
also provide lower temperature cooling air to the blade and thus result 
in lower blade temperatures or permit further reduction of cooling air-
flow to the blades.
SUMMARY OF RESULTS 
The results of an analytical investigation to determine the blade 
temperature distributions and cooling-air pressure losses for a small 
air-cooled turbine blade of a turboprop engine are as follows: 
1. The calculated spanwise blade metal temperatures agreed well with 
static cascade experimental data. 
2. Two methods of calculating blade temperatures were employed. One 
method assumed fully developed coolant flow, based the coolant properties 
on film temperature, and considered the variation of properties with film 
temperature along the span of the blade. The other method considered the 
effect of the length-to-diameter ratio of the coolant passage on the blade-
to-coolant heat-transfer coefficient and assumed constant coolant proper-
ties based on the coolant bulk temperature. The use of this latter method 
gave the best agreement with experimental data. The agreement obtained 
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was within 3 percent at the midspan and tip regions of the blade. At the 
root region of the blade the agreement was within 3 percent for coolant 
flows within the turbulent flow regime and within 10 percent for coolant 
flows in the laminar regime. 
3. Calculated cooling-air pressure losses within the blades agreed 
within 5 percent with experimental data. 
4. Calculated spanwise blade metal temperature distributions of the 
cast finned blade for assumed operation at a turbine-inlet gas temperature 
of 2000° F in a typical turboprop engine at flight conditions of 300 knots 
and an altitude of 30,000 feet agreed well with those obtained by the 
extrapolation of the correlated experimental data of a static cascade in-
vestigation with these blades. The agreement was within 2 percent above 
the midspan region of the blade and within 10 percent at a distance 3/16 
inch above the blade root. 
5. Calculations for the assumed engine and flight conditions also 
indicated that the first-stage rotor blades of the cast finned configura-
tion (based on stress-rupture strength of RS-31) will require a coolant-
flow ratio of about 0.015 for a blade life on the order of 1000 hours. 
The calculated cooling-air pressure required at the entrance to the first-
stage rotor blades for these conditions was only about 61 percent of the 
compressor-exit pressure. 
Lewis Flight Propulsion Laboratory 
National Advisory Committee for Aeronautics 
Cleveland, Ohio, May 27, 1958 
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Figure 1. - Cross-section1 views of cast finned air-coole& 
turbine blade (1.4-In, span and 0.7-in, chord) at approxi-
mately the root, midspan, and tip locations.
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Sheet-metal shell	 Integrally cast base, 
(pressure surface) 	 suction surface, and 
cooling fins 
(a) Blade before assembly.
Bottom view	 Side view 
C- 44787 
(b) Assembled blade. 
Figure 2. - Blade components before and after assembly.
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Figure 3. - Schematic sketch of apparatus and instrumentation 
for obtaining cooling-air pressure drop through cast firmed 
air-cooled turbine blade.
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Blade metal temperature calculated by assuming — 
- - - Flow fully d,.veloped and varying coolant properties along span 
- - - Flow for L/ha = 38, constant coolant properties 
- — - - Flow for LrDh = 20, constant coolant properties 
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data Reynolds number wa, 
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Figure 4. - Comparison of calculated average blade temperatures with 
average experimental cascade temperatures at various spanwise posi-
tions. Inlet gas temperature, approximately 1200° F; coolant-flow 
range, 0 to 0.0052 pound per second. 
50
0
V I	 I	 I	 I Approximate inlet 
_____________ _____________ 
____ 
_____________
____ total gas temperature, - 
1	 oF 
__ __ __ __ __ __ __ __
600	 - 
0	 900 '
(C>	 1200 
_
-	 Tails denote laminar	 - 
/ 
_____ __ __
flow 
I	 I	 I
lOOC 
600 
200
F.i 
0
a) 
03 
a) 
a) 
4.) 
a) 
03 
H 
,0 
03 
a) 
a) 
4.) 
a3 
0
1000 
600 
200 
1400
22
	
NACA RN E58E20 
(a) Blade root (3/16" above platform). 
(b) Midspan (0.70" above platform). 
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600 /? 1 _ _ 
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Measured average blade temperature, °F 
Cc) Blade tip (3/16" from tip). 
Figure 5. - Comparison between calculated average and measured 
average cascade blade metal temperatures at several sparndse 
stations for range of inlet gas temperatures and coolant flows. 
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Cooling airflow, lb/sec 
Figure 6. - Comparison of calculated blade cooling-air pressure 
drop with experimental data. 
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Assumed effective gas temperature - 
- - - - Blade temperature, calculated 
Blade temperature (wjvg = 0.015) obtained by extra-
polation of corrected data of ref. 2 
- - - - Cooling-air temperature 
- — Allowable blade metal (HS-31) temperature based on
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stress ratio factor of 2.8 ad 1000-hour stress-
rupture life
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Figure 7. - Calculated blade metal and cooling-air spanwise tempera-
ture distributions over range of coolant-flow ratios for first-
stage turbine rotor blade in a typical turboprop engine. Assumed 
flight conditions; 300 knots at 30,000-foot altitude. 
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(a) Pressure loss through blade. 
a) 
w 
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H I 
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Ratio of cooling-air to combustion gas 
flow, Wa/Wg 
(b) Ratio of total pressure required at 
blade entrance to compressor-exit 
pressure. 
Figure 8. - Calculated cooling-air pres-
sure loss characteristics for cast finned 
turbine rotor blade for flight conditions 
of 300 knots at 30,000-foot altitude and 
turbine-inlet temperature of 2000° F for 
a typical turboprop engine. 
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